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A PRELIMINARY ANALYSIS OF THE MAGNITUDE CEF SHOCK 
LOSSES IN TRANSONIC COMPRESSORS 

By Francis C. Schwenk, George W. Lewis, and Melvin J. Hartmann 


SUMMARY 

The possible shock system associated with the supersonic Blade ele- 
ments encountered in transonic-compressor rotors is reviewed. The varia- 
tion of the shock shape and location with operating conditions is described 
qualitatively. A shock configuration is assumed for operation at minimum 
over-all loss to estimate the magnitude of shock losses. 

The minimum- loss data for a large number of transonic-compressor 
rotors with circular-arc blades are tabulated, and the shock losses are 
estimated in most cases to be from 0.35 to 0.55 of the over-all blade- 
element losses when the Inlet relative velocities are sonic or greater. 

In many cases, estimated surface Mach numbers are high and have a very 
large effect on the magnitude of shock loss . Large shock losses can be 
obtained even at relatively low supersonic Inlet relative Mach numbers 
when the surface Mach number is high. The Mach number levels obtained 
indicate that flow separation probably always occurs at the point of 
shock - boundary -layer interaction on the blade suction surface. The 
profile losses are approximated by the difference in measured over -all 
blade -element loss and the estimated shock loss. Several parameters that 
may be Indicative of profile loss are considered, but no good correla- 
tion can be obtained with the data used in this preliminary study. 

Whereas the diffusion factor developed for subsonic flow does not apply 
to this type of flow configuration, the profile losses are reasonably 
close to the previously obtained band. Estimation of the profile loss 
by the use of the diffusion factor must be considered somewhat tentative 
and should not be extended appreciably beyond the range of data used in 
this Investigation. 


INTRODUCTION 

For the design of high-pressure-ratio high-mass -flow axial-flow- 
compressor stages, accurate information on the losses In relative total 
pressure occurring in the blade rows Is required to predict design-point 
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perf oermance . Reference 1, for example, shows the importance of accurate 
design loss values through a discussion of actual and design performance 
of a transonic-compressor rotor having a design corrected tip speed of 
1300 feet per second. Gross efficiency or loss values generally do not 
suffice, because radial variations in losses (or entropy) occurring in a 
blade row enter the radial-equilibrium calculation of velocity and angle 
variations downstream of the blade row (ref. 2). These variations criti- 
cally affect the performance of a high-pressure -ratio stage and succeeding 
blade rows as well. The optimization of axial -flow-compressor designs is 
particularly important in the supersonic-aircraft propulsion field. For 
such a study, knowledge of the factors that influence losses is required 
not only at the design point but also at off -design conditions. 

Subsonic-compressor design procedures have been based on the blade- 
element approach (refs. 3 and 4) , and two-dimensional-cascade data supple- 
mented by rotor test results were the basis for selection of blades and 
relative total-pressure -loss coefficients for each blade element. Some 
early experiments with transonic axial -flow-compressor rotors (refs. 5 to 
9) showed that, for inlet relative Mach numbers up to 1.1, shock effects 
evidently were small, and the transonic compressor appeared as an exten- 
sion of subsonic -compressor experience (ref. 4) . That is, blade-element 
theory applied, and the measured minimum loss levels depended on blade- 
loading parameters such as diffusion factor (ref. 10} with no measurable 
effects of inlet relative Mach number. Of course, the blade sections used 
in the transonic compressors were different from conventional subsonic 
airfoils. For example, one successful airfoil is the double -circular- 
arc airfoil (refs. 7 to 9) . 

Some recent results of testing compressors having inlet relative Mach 
numbers up to 1.3 (refs. 1, 11, and 12) showed a departure from previous 
transonic-compressor experience in that the measured minimum losses fell 
above the range of the diffusion-factor correlation of reference 10. 

Similar results were also found in tests of low-solidity (low chord-to- 
spacing ratio) compressors in which the inlet relative Mach numbers were 
1.1 or lower (refs. 13 and 14). As reported in the preceding investiga- 
tions, these compressors probably represent cases in which the effects of 
shock waves were great enough to cause the departure from subsonic- and 
earlier, transonic -compressor experience. 

The results of references 1 and 11 to 14 lead to some basic conclu- 
sions: (l) Certain phases of the subsonic approach to compressor design 

need modification in the transonic regime} (2) a study of the flow through 
transonic blade rows is required to learn the relative magnitude of factors 
that affect losses} and (3) a new or at least a modified design loss vari- 
ation is required. 

This report presents some ideas on the type of flow field that may 
exist in a transonic axial-flow compressor. Basically, the blade-element 
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approach is retained, and the possible shock- and expans ion-wave configu- 
rations for a compressor cascade are considered. Based on this study , 
the report endeavors to establish a simple shock -wave model that will 
approximate the shock loss at the design or minimum-loss incidence angle. 
Besides this , the model will provide a basis for studies of the viscous 
effects on the blade surface. 


ANALYSIS OF FLOW Iff TRANSONIC -COMPRESSOR BLADE ELEMENTS 

Understanding the flow phenomena and determining correlative param- 
eters for the losses in total pressure in transonic compressors require 
a knowledge of the flow configuration. The actual physical situation in 
a compressor is so complex that it almost defies description and makes a 
quantitative treatment nearly impossible without simplifying assumptions. 
Thus, for the study of compressor losses, a flow model is usually con- 
structed by simplifying the actual flow field In the hope that the model 
will closely represent the physical situation and provide an understanding 
of the important sources of and factors which cause the losses. 


Description of Flow Model 

The flow model assumed herein Is two-dimensional and similar to the 
blade-element approach usually employed in studies of compressors (ref. 

3) . Such a model rules out consideration of the flow phenomena in the 
blade end regions depicted in reference 15. As indicated in some of the 
analyses of transonic axial-flow compressors (refs. 1 and 11 to 1A ) , the 
effects of shock waves can have some Influence on the observed blade - 
element losses; therefore, the flow model must allow for the presence of 
shock waves to be more general than usual blade -element theory. 

Before proceeding with a discussion of the shock waves, it is Impor- 
tant to consider the assumption of two-dimensional flow, since it is ex- 
pected that the mixed supersonic and subsonic flow fields In a transonic 
compressor will be more sensitive to three-dimensional effects than a 
completely subsonic flow. The two -dimensional -flow hypothesis simplifies 
the analysis greatly and allows for the comparison of transonic blade- 
element data with subsonic compressor and cascade data. Through such 
comparisons, it may be possible to test the hypothesis and to discover 
situations in which three-dimensional effects are important enough to be 
considered. 

Shock -wave configurations . - Shock -wave configurations for cascades 
of blades are shown In references 16 to 18. The necessary extensions and 
modifications to the flow model for transonic-compressor blade elements 
are discussed in this section. 
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ttip shock pattern in a supersonic cascade of compressor blades con- 
sists of two parts, as shown in figure 1. The first is that portion of 
a shock wave contained in the blade passage (from blade suction surface 
to stagnation streamline) and will be referred to as a passage shock; the 
shape and location of this passage shock depend on the blade geometry and 
the operating conditions at a given relative Mach number. The second is 
that portion of the shock extending from stagnation streamline to infinity 
upstream of the stagger line and will be referred to as a bow wave; the 
location and strength of the bow wave depend on blade leading-edge thick- 
ness and operating conditions at a given relative Mach number. As shown 
in figure 1, the bow waves are normal to the flow at the stagnation 
streamline and approach the slope of a Mach line for the upstream 
conditions. 

The shock -wave configuration is shown in detail in figure 2. The 
entering flow (a) encounters the shock wave at the point b, where the 
wave is normal to the stagnation streamline. The portion of the shock 
wave near the stagnation streamline is a strong wave, and the flow is 
reduced to subsonic relative velocities. The flow is then expanded around 
the leading edge of the rotor blade (c) to rather high supersonic veloci- 
ties. The first expansion wave (c-c 1 ) represents the flow at a Mach num- 
ber of 1.0. The final expansion wave shown originating at the leading 
edge (c-c") is the Mach line flow as expanded parallel to the suction 
surface at the leading edge. The flow then continues to accelerate and 
flow parallel to the suction surface, and the expansion waves that inter- 
sect the bow wave reduce the shock strength and cause the bow wave to 
become a Mach line. 

The flow along the next stagnation streamline (d) can now be followed 
through the flow field established by the lower blade. Hie stream is 
deflected upward slightly at the point e as it passes through the bow 
wave, depending on the slope of the bow wave at this point. The stream- 
line is then deflected downward by the expansion system (e to f ) . The 
flow direction is thus established by the expansion system that originates 
on the suction surface of the previous blade. This stagnation streamline 
then encounters the bow wave at the point f , and the flow at the leading 
edge of the next blade (g) is similar to that on the lower blade. As 
noted on the figure, a value h is assigned to the deflection distance of 
the stagnation streamline from a continuation of the blade mean camber 
line. The deflection h of this streamline varies with the contained 
supersonic flow field. 

In order to maintain identical conditions entering each blade of the 
blade row, the compression in a given bow wave and the expansion system 
that passes ahead of the next bow wave (fig. 2) must be of equal strength. 
Thus, the properties of the gas along each bow wave and the entrance con- 
ditions are the same for each blade. 
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Figures 1 and 2 present the shock configurations for a given operat- 
ing condition. It is expected that changes in operating conditions will 
alter the shock waves from those shown. This subject is considered later. 


Conditions downstream of cascades of blades . - As in studies of low- 
speed-cascade flow (ref. 19) , the nature of the flow at the outlet of a 
high-speed blade row can be discussed. For comparison purposes, a typical 
variation in total pressure downstream of low-speed cascade is shown in 
figure 3. Defined wake and free-stream regions are indicated. The 
total-pressure-loss coefficient oo is defined as 


2, id ~ P 2 
P 1 ' p 


where symbols are defined in appendix A. The numerator of equation (l) 
is the difference between the ideal outlet total pressure and the mass- 
averaged total pressure TPg. (The ideal outlet total pressure equals the 
inlet total pressure for a stationary blade row.) For low-speed compres- 
sor rotors, it is assumed that the circumferential variations of relative 
total pressure at the outlet of a blade row are as shown in figure 3. 

Data computed from hot-wire -anemometer measurements outside the rotor 
housing boundary -layer region (ref. 15) support this assumption for a 
rotor blade element operated with inlet relative Mach numbers equal to 
approximately 0.8. 


On the basis of the shock configurations given in figures 1 and 2, a 
variation of relative total pressure downstream of a rotor blade element 
can be deduced far the case of supersonic inlet relative Mach numbers. 

The passage shock (f to f ' in fig. 2) decelerates the flow from supersonic 
to subsonic velocities, and therefore some losses in total pressure are 
expected from this shock wave. Furthermore, since the Mach number upstream 
of the passage shock varies along the wave, a circumferential variation in 
outlet relative total pressure in addition to the blade wakes is expected. 
Figure 4 illustrates the passage shock loss qualitatively. Also shown in 
figure 4 is the complete variation in outlet total pressure including 
blade wakes . Such variations have been observed in unpublished data taken 
at the NACA Lewis laboratory with the hot-wire anemometer. Loss coeffi- 
cients (eq. (l)) determined for rotors having supersonic inlet relative 
Mach numbers, of course, represent the circumferential variation of total 
pressure in figure 4 as some average loss in total pressure. The problem, 
then, is to separate the over-all loss coefficient into the major constit- 
uents: the shock losses and the losses due to viscous effects on the blade 

surfaces . 
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Variations in the Flow Model with Operating Condition 

The flow model., in particular the shock configuration, has "been 
described for one operating condition. Variations in operating conditions 
will now be discussed to indicate, at least qualitatively, that the flow 
model will show some of the trends observed in compressor tests. In ad- 
dition, this discussion will provide a basis for establishing the shock 
configuration for a particularly important operating condition (maximum- 
efficiency or design operation of a blade element) . 

Typical performance characteristics . - Before proceeding with a dis- 
cussion of the flow model at various operating conditions, it will be of 
some help to consider the performance characteristics of a typical com- 
pressor rotor row operating with supersonic inlet relative velocities 
over a portion of the. blade span (fig. 5(a)). Operation with constant 
blade speed will be discussed. Within the limits imposed by a test rig, 
a rotor will exhibit choking at low back pressures, Rotor choking is 
identified as the condition for which changes in back pressure can occur 
with no alteration of the rotor inlet flow (point A, fig. 5(a)). Up to 
a certain point, then, increasing the back pressure above the lowest value 
available will cause increasing total-presBure ratio and compression 
within the rotor at a nearly constant . weight flow. At some point (B, 
fig. 5(b)), a maximum rotor efficiency is obtained. At higher back pres- 
sure (point C, fig. 5(c)), more compression will occur within the rotor 
and the weight flow will decrease until further increases in back pressure 
may be inadvisable because of the appearance of stalled or unstable flow. 

Changes in shock-wave configuration with operating condition . - The 
shock -wave configuration for very low back pressures (rotor choking) is 
shown in figure 5(a). Since very little compression is required over the 
blade row, the passage shock wave moves back along the suction surface 
toward the trailing edge and becomes oblique to the flow. The bow wave 
is close to the leading edge of the blade jf the displacement upstream is 
due mainly to the leading -edge thickness. For operation with low back_ 
pressure and high weight flow, the inlet flow is parallel to or at a 
slight negative incidence relative to the suction surface. In addition, 
the pressure surface creates only a small deflection of the stream, so 
that a supersonic region may form on the pressure side of the blade. 
Therefore, there is a possibility of a shock and boundary -layer inter- 
action on the pressure surface. The pressure-surface shock wave may be 
induced by either the back-pressure requirements or the coalescence of 
compression waves produced by a concavity of the pressure surface. 

The Mach number along the suction surface upstream of the passage 
shock wave becomes very high because of the large amount of supersonic 
turning, and flow separation may occur and cause a forked shock wave. 

In some cases, depending on the element geometry and three-dimensional 
aspects of the flow, - the passage shock wave may pass entirely behind the 
blade row at low back pressures. 
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Now consider the effect on the flow model as the hack pressure is 
increased (fig. 5(h)) so that the upstream conditions, weight flow, and 
the how wave do not change significantly. The downstream pressure in- 
crease moves the shock wave forward along the suction surface in order 
that the necessary compression can occur. Operation as shown in figure 
5(h) would represent maximum pressure ratio at maximum weight flow (choke) 
for a compressor rotor. As the hack pressure is increased further (fig. 
5(c)) it is necessary that the passage shock and how wave move away from 
the leading edge of the blades to achieve the required static -pres sure 
rise. The compression upstream of the leading edge increases and causes 
an increased incidence angle. Thus, the flow model allows a range of 
operation similar to that experienced in transonic -compressor rotors. 


Losses 

The basic purpose of constructing a flow model is to make possible 
the determination of the flow variations with operating conditions and 
the factors affecting losses. Two sources of shock loss can he considered, 
the how wave and the passage shock. Closely associated with the passage 
shock wave is the loss due to the shock - boundary -layer interaction and 
subsonic diffusion from the passage shock to the discharge conditions. 

These losses are referred to as the profile losses, since they arise ' 
mainly from the viscous effects on the blade boundaries. 

Division of the over-all blade -element loss in total pressure into 
three major categories facilitates discussion of the variation of losses 
with incidence angle or operating conditions. That is, it is possible 
to deduce a qualitative loss variation with operating condition based on 
the assumed flow model and to compare the deduction with measured varia- 
tions of loss with incidence angle. Such a comparison to a certain degree 
will indicate whether the flow model is reasonable. 

Measured blade-element loss variations . - A typical measured varia- 
tion of rotor blade -element losses with incidence angles is shown in fig- 
ure 6(a) for a blade section having supersonic inlet relative Mach num- 
bers. Such loss variations have been observed in tests of several tran- 
sonic compressors operated at a constant blade speed. Figure 6(b) is 
similar to figure 6(a) with back pressure as the independent variable. 

Note that the solid line in figure 6(a) shows a rise in loss as 
operation is changed from point B to A (reduction in back pressure) with 
little change in incidence angle. Point B represents the minimum-loss 
condition for the solid line. Points A and A* indicate possible loss 
variations at low back pressures. In some compressors, a reduction in 
back pressure from point B causes an increase (A) in measured losses with 
little change in incidence angle, and some data show a reduction in losses 
(A 1 ) at the low back pressures. Since operation of a compressor at either 
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point A or A' in figure 6(a) is usually not desirable "because of low work 
input and efficiency, point B (operation with "bank pressure) is generally 
the maximum- efficiency or the design point, which also is usually near 
the lowest incidence angle for the "blade element. Therefore, the shock 
configuration for a moderate "back pressure (fig. 5("b)) is assumed to "be 
representative of the shock wave at the maximum-efficiency operating 
condition . 

Blade -element loss variations as given "by flow model . - With a shock 
configuration established for maximum-efficiency operation, it is now 
possible to consider the variation of the three major categories of losses 
(bow wave, passage shock, and profile losses) with operating condition. 

A qualitative variation of the three types of losses with back pressure 
for constant blade speed is shown in figure 7. In addition, the assumed 
variation in the shock configuration and the corresponding over -all per- 
formance characteristics are shown in figure 7. 

Bow-wave losses: In reference 16 the losses associated with the 

bow wave (over the region from point b, c 1 , e, to infinity on fig. 2) 
were computed as a function of inlet relative Mach number. The magnitude 
of these losses was small when the required displacement upward from the 
bow wave to the blade leading edge (shown as h in fig. 2) was small. 

The displacement h is zero for the case of zero leading-edge thickness 
and flow entering parallel to the suction surface. It is further noted 
in reference 16 that the losses of the bow wave are concentrated near the 
stagnation streamline; 94 to 96 percent of the bow wave iosses are located 
within 4 or 5 times the displacement h from the point b in figure 2. 

As shown in figure 7(a), very low bow-wave loss occurs at maximum- 
efficiency operation (point B), because the incidence angles are usually 
low and the displacement h of the stagnation streamline is small. Since 
upstream conditions do not change, the bow-wave loss is constant for low- 
back-pressure operation (from point A to point B) . At higher back pres- 
sures (between B and C) , the bow-wave losses increase as the back pressure 
causes the incidence angle and the compression in the bow wave to increase. 

Passage shock loss: The passage shock-loss variation with back 

pressure (fig. 7(b)) can now be considered. The variation of the passage 
shock loss with reducing back pressures could follow a number of paths 
(increasing, decreasing, or some combination thereof), depending on the 
blade shape, solidity, stagger angle, and the three-dimensional aspecrtB 
of the flow. The envelope of these possible paths is indicated in figure 
7 (b) , If it is presumed that the intersection of the passage shock with 
the suction surface moves toward the trailing edge for a reduction in 
back pressure, passage shock losses might increase because the shock 
occurs at higher Mach numbers . On the other hand, the effect of higher 
Mach numbers is counteracted by the obliquity of the shock wave. The 
occurrence of pres sure -surface shock waves at low back pressures 
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(fig. 7(e)) would add to the passage shock losses. In "blade elements 
having high stagger angle and low solidity , the passage shock may move 
downstream of the trailing edge at low hack pressure. Then, if the flow 
along the pressure surface is wholly supersonic, low passage shock losses 
could result. 

At hack pressures greater than at point B, the motion of the passage 
shock toward the leading edge may cause the shock to occur at lower Mach 
numbers. Along with this effect is a reduction in inlet relative Mach 
number (for constant -speed operation) . However, the allied increase in 
incidence angle is in the direction of increasing the Mach number upstream 
of the passage shock. Therefore, as a best qualitative estimate, the 
passage shock loss is shown as a constant for back pressures greater than 
tiie maximum-efficiency back pressure (point B) . 

Profile losses: Profile losses (defined as other than shock losses) 

result from friction forces and the growth of boundary layers associated 
with the diffusion process on the blade surfaces. Par a blade element 
with supersonic or high subsonic inlet relative Mach numbers, the shock 
waves contribute importantly to the diffusion process and the boundary- 
layer growth. As shown for the passage shock losses, there are several 
possibilities for the variation of profile losses at low back pressures 
(fig. 7(c)). For the blade-element geometries that allow the passage 
shock waves to pass downstream of the trailing edge, the profile losses 
would be low (point A, fig. 6) . Blade elements in which shock and 
boundary -layer interactions occur on both the suction and pressure sur- 
faces may have higher profile losses at low back pressures (point A, fig. 
6) than at the maximum-efficiency back pressure (point B) . 

As back pressure is increased above the value for maximum efficiency, 
the diffusion downstream of the shock wave (subsonic diffusion) and the 
profile losses will increase. The variation in profile loss with back 
pressure shown in figure 7(c) is expected to be much greater than might 
be observed in low-speed cascades (ref. 19). Poor boundary -layer condi- 
tions (high momentum thickness and form factor) downstream of a shock and 
boundary-layer interaction should result in a large variation in profile 
loss with changes in the amount of subsonic diffusion. 

Over-ail blade-element loss: The variations of the three sources 

of loss with back pressure are qualitatively considered. The sum of these 
loss factors will be presumed to be the over-all loss as shown in figure 
7(d). It should be remembered that this discussion of loss variations Is 
purely qualitative, and shifting the loss variations may change the over- 
all picture. In addition, some interaction between the loss factors can 
be expected. Also, the range of back pressure available between choking 
and unstable operating conditions may be restricted In various rotors. 

Far these reasons, the shape of the over -all loss curve may vary from one 
rotor to another. 
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The flow configuration described seems to satisfy the necessary con- 
ditions of a flow model. The model is flexible enough to give the vari- 
ation of operating conditions, that have been observed. Qualitatively , 
the over-all loss variation with operating conditions seems to fit that 
experimentally observed in transonic compressors (fig. 6), Although the 
model is complicated, simplifications may be available that allow esti- 
mation of the loss level of the various factors involved. The following 
sections will consider the approximate magnitude of the various loss 
factors near the condition of maximum-efficiency back pressure (point B, 
fig. 7). 


ESTIMATED SHOCK LOSSES AT MAXIMUM ELEMENT EFFICIENCY 

In this preliminary study, the shock losses for the maximum element 
efficiency of several compressors are computed from a simplified shock 
configuration, and the results are compared with measured losses. The 
maximum efficiency is considered because of its importance in establishing 
design-point performance of a blade row. 


Experimental Data 

Shock losses were computed for the axial-flow transonic-compressor 
rotors listed in table I. Table I gives the important rotor geometry and 
references describing the rotors in detail along with a letter designation 
for each rotor. For simplicity, only data for double -circular -arc blade 
sections are included in this analysis, although other types of airfoils 
could be analyzed by the methods given herein. Blade -element performance 
data are tabulated in table II for minimum-loss operation (which usually 
corresponds with maximum element efficiency, point B) . The numbers fol- 
lowing the rotor-designation letters identify the radial location of the 
blade -element as a percentage of the passage height from the outer wall. 
Data points were selected from curves of over -all loss coefficient against 
incidence angle determined for constant -speed operation of each rotor. 

In table II the incidence angles are converted to incidence angles 
measured relative to the blade suction surface i e . It can be observed 
that i s is slightly negative for these data. According to the previous 
discussion, this condition of negative incidence should result in low 
bow -wave losses. Therefore, bow-wave losses can be neglected. 


Simplified Shock Model 

Since the strength of the passage shock wave varies across the space 
between the blades, the determination of a shock loss requires an averag- 
ing process. If a mass-averaged shock loss is desired, the shape of the 
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passage shock wave, the Mach number, and the flow angle upstream of the 
Bhock are required. For this preliminary study, it is assumed that the 
average passage shock loss can be approximated by the normal shock loss 
computed for a Mach number which is the average of the end-point Mach 
numbers. The one end-point Mach number (at point f in fig. 2) is assumed 
to be the measured inlet relative Mach number Mj_. The other end-point 

Mach number (called the peak suction-surface Mach number M^) is computed, 

by means of the Prandtl-Meyer expansion equations, from the inlet relative 
Mach number and the difference between the relative flow angle at the inlet 
and the angle of a tangent to the suction surface at point f in figure 
2. These assumptions reduce the problem to a determination of the inter- 
section of the passage shock with the suction surface (point f', fig. 2). 

As shown in figure 8, the point at which the passage shock intersects the 
suction surface is assumed to be located by a line drawn normal to the 
midchannel streamline (the mean camber line) from the leading edge of the 
upper blade. The geometry and equations for locating point f for double- 
circular-arc blades are given in appendix B. 


Magnitude of Shock Losses 

The values of peak suet ion- surface Mach number, passage shock-loss 
coefficient, and percent of over-all loss attributed to shocks for the 
transonic-compressor rotors are given in table H as computed by the 
method given in the preceding section and appendix B. A quick comparison 
of percent shock losses for the various rotors can be obtained from fig- 
ure 9(a), where the ratio of shock-loss coefficient to over-all loss 
coefficient is plotted against over-all loss coefficient for the tip- 
section elements (13 percent and less of the passage height from the 
rotor tip) . It is apparent from figure 9 (a) that computed shock losses 
were from 0.2 to over 1.0 of the total losses measured. The few data 
points for which the computed shock losses are greater than the measured 
loss are considered later. Most of the rotors considered have between 
0.35 and 0.55 of the total loss in the form of shock losses as estimated 
from the simplified shock model. A similar plot is shown in figure 9(b), 
in which all midpassage elements are considered (greater than 16 percent 
of passage height from the outer wall) . Even at these radii the shock 
losses are still high, falling between 0.3 to 1.0 of the total loss. 

Whereas early transonic-compressor research indicated that rotors of 
this type were a simple extension from subsonic compressors, numerous 
experiments have resulted in losses that could not be correlated by the 
previously devised methods. To illustrate this point, _consider the plot 
of figure 10(a), where the over-all loss coefficient ao for the measured 
tip-element data given in table II is plotted against diffusion factor 
D, a blade -loading parameter (ref. 10) . The dotted lines shown represent 
the loss band given in reference 10. For these transonic-compressor 
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rotors a large number of data points fall above the loss band, and the 
diffusion factor D. does not Beem to he a good method of predicting 
over-all losses. The previous paragraph indicates that a considerable 
portion of the over-all loss is in the form of 6hock losses, which the 
diffusion factor D would have no way of indicating. It seems reasonable 
to subtract the computed shock loss from the over -all loss coefficient, 
the difference being termed the profile less. 

Profile loss is plotted against diffusion factor D in figure 10(b). 
Profile losses seem to fall more nearly in the band of data given in ref- 
erence 10. Whereas the diffusion factor D was devised to correlate 
losses for a given velocity distribution on a compressor blade, it seems 
to indicate the level of profile losses obtained with the velocity dis- 
tribution resulting from a shock and subsequent diffusion. The correla- 
tion of profile losses is discussed in a later section. Qf most impor- 
tance, however, is the fact that when shock losses are subtracted from 
the total losses the remainder is in reasonably good agreement with the 
expected over-all losses without shock; thus, the general magnitude of 
shock loss computed by this approximate method may be of the proper order. 

Similarly, the over-all loss coefficients measured for other than 
tip elements for these transonic-compressor rotors are plotted against 
loading parameter in figure 11 (a). This figure includes those data avail- 
able from table II where relative inlet Mach numbers are sonic or greater. 
Also shown is the typical variation of low- speed-cascade losses with dif- 
fusion factor (ref. 10) . Again the diffusion factor D does not seem to 
correlate the magnitude of over -all losses. However, when the shock losses 
are subtracted from the over-all loss to obtain the estimated profile 
losses, the data are in better agreement with the low-speed-cascade data, 
as shown in figure 11(1) . 


Factors Affecting Shock-Loss Magnitude 

It has been shown that shock losses constitute a sizable portion of 
the over-all losses in a transonic-compressor rotor. Thus far, this 
report has presented shock losses only for specific cases; however, fig- 
ure 12 gives a systematic variation of computed shock losses with inlet 
relative Mach number M£, peak suction-surface Mach number Mg, and super- 
sonic turning angle (the amount of turning from the upstream flow direc- 
tion to the intersection of the passage shock wave and the suction 
surface) . 

The curves of figure 12 were calculated from the tables of reference 
20 by averaging the inlet relative Mach number M£ and peak sue t ion - 
surface Mach number M^ to determine a shock-loss coefficient. In addi- 
tion, the variables given in figure 12 are independent of a specific 
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cascade geometry or 'a "blade shape. For the types of transonic compressors 
generally designed, the inlet relative Mach number is restricted to a 
smaller range than the peak suction- surface Mach number. 

Several examples are given to indicate the use of figure 12. Con- 
sider a blade element designed for an inlet relative Mach number of 1.0. 

An increase in peak suet ion- surface Mach number from 1.5 to 1.8 causes a 
threefold increase in shock-loss coefficient. A similar increase in 
shock-loss coefficient occurs for an increase in inlet relative Mach num- 
ber from 1.0 to 1.4 when the peak suction- surface Mach number is fixed at 
1.5. These examples involve, intrinsically, variations in blade loading, 
work input, blade shape, and solidity. Therefore, figure 12 does not 
present the entire process of selecting a compressor design point. It 
does provide the basis for estimating shock losses in the design of com- 
pressors. The effect of shock losses on the efficiency of blade elements 
can be found using figures 24 and 25 of reference 4 and figure 12 of this 
report . 

Figure 12 shows that, with relative inlet Mach numbers usually con- 
sidered in transonic compressors (about 1.2) and with surface Mach numbers 
of 1.7 (as encountered in many of the data used herein), the computed 
shock-loss coefficient is about 0.1. This shock loss is of the same order 
of magnitude as the width of the correlation band obtained for the diffu- 
sion factor in reference 10. This to some extent explains why references 
11 and 13 indicate that, for a surface Mach number of approximately 1.7, 
losses considerably above the diffusion-factor correlation band could be 
expected. The curves of figure 12 indicate how shock losses vary at a 
given relative inlet Mach number and that the shock losses are higher than 
the normal shock losses at that Mach number. For example, for the rela- 
tive inlet Mach number of 1.2 the normal* shock- loss coefficient would be 
relatively low (53g =* 0.015 ) } but, with a peak suction-surface Mach number 
of 1.7, the computed shock-loss coefficient would be approximately six 
times that credited to a normal shock at the relative inlet Mach number 
of 1.2. Thus, inlet relative Mach number is not of itself an indication 
of the magnitude of the shock losses. 

Effect of supersonic turning . - The curves at the top of figure 12 
have been constructed to indicate the effect of suet ion- surface turning 
in the supersonic region on shock-losB coefficient. These curves show 
the supersonic turning required to increase the relative inlet Mach number 
to the suet ion- surface Mach number indicated. Consider the point of 10° 
turning with the relative inlet Mach number of 1.0. For this condition 
the computed shock-loss coefficient would be approximately 0.02. If this 
10° of supersonic turning were maintained with the relative inlet Mach 
number increased to 1.4, the computed shock-loss coefficient would in- 
crease approximately seven times. Therefore, blade rows that are expected 
to operate at these high relative inlet Mach numbers must utilize a much 
lower suction- surface turning in the supersonic region (forward portion 
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of the "blade ) than those operating at low relative inlet Mach numbers; 
and, even with large decreases in supersonic turning, an increase in 
shock-loss coefficient must be expected with increasing relative inlet 
Mach numbers. For the example stated, a decrease in supersonic turning 
from 10° to 1° must accompany the increase in inlet relative Mach number 
from 1.0 to 1.4 to maintain a constant shock-loss coefficient. 

A low supersonic turning angle can be achieved for double -circular - 
arc airfoils with low camber angles and thicknesses operating at low 
incidence angles. If, at high inlet relative Mach numbers, a low camber 
angle is not feasible because of work- input requirements, blade sections 
different from the double-circular-arc airfoil must be considered if peak 
suction-surface Mach numbers and shock losses are to be limited. A de- 
sirable airfoil could have a flat suction surface extending from the 
leading edge to (or nearly to) the expected intersection of the passage 
shock wave with the suction surface as suggested in reference 17. Whereas 
such a blade shape would minimize the shock losses, the effect on profile 
losses is unknown. 

Effect of solidity . - Suction-surface turning angle in the supersonic 
region is influenced by blade camber, thickness, stagger angle, and solid- 
ity for a certain airfoil type. As an illustration of the effect of 
solidity, the rotor of reference 13 (double -circular -arc airfoils) indi- 
cated a suction-surface turning in the supersonic region (as calculated 
by the simplified shock model) of approximately 11° at a solidity of 1.04. 
As the solidity was decreased to approximately 0.88 with the blade camber 
remaining the same, the suction- surface turning angle was increased to 
approximately 14°. As the solidity was further decreased to 0.66, the 
suction-surface turning in the supersonic region was about 19°. These 
points are indicated in figure 12. Experimental data were obtained for 
all three solidities at a relative inlet Mach number of approximately 
1.1. Hhe curves of figure 12 indicate that the computed shock-loss coef- 
ficients are approximately 0.055, 0.075, and about 0.120 for the solidi- 
ties 1.04, 0,88, and’0.66, respectively. This is indicative of the meas- 
ured variations of losses with solidity that were obtained in the rotor 
tests (ref. 13). 

Three-dimensional effects . - An indication of possible three- 
dimensional effects on passage shock losses may be deduced from the data 
in table II. Four different rotors (H, I, N, and Q) have a contoured 
tip over the rotor. (Rotors R and S are lower -solidity versions of 
Q) . Of these, the rotors N and Q have measured total losses less 
than the passage shock losses computed by the methods of this report. 

By contouring the rotor tip, some three -dimensional compression (reduction 
in streamline spacing) of the supersonic flow can be obtained, resulting 
in a lower local Mach number than that obtained in the simplified two- 
dimensional solution. If the flow entering the rotor is compressed in 
this manner, a two-dimensional solution could overestimate the surface 
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Mach number M^ and passage shock-loss coefficient. In this report, 

comparison of rotors M and H is particularly graphic. Both rotors 
are identical except that rotor M has a constant -radius tip and rotor 
N has a contoured tip. As reported in reference 21, which presents the 
comparative results of testing rotors M and N, the reduction In tip- 
region losses accompanying the contouring of the tip could not he accounted 
for solely on the basis of a reduction in blade loading. It can be spec- 
ulated that contouring the tip of rotor N reduced the shock losses. 

The fact that the computed shock losses for some rotors with contoured 
tips (H and j) did not exceed the measured total losses does not neces- 
sarily invalidate the idea that a tip contour can be used to reduce shock. 
However, it may be concluded that, to be effective, the tip contour 
must be properly shaped. 


PROFILE LOSSES 

The previous discussion has dealt with factors affecting shock losses 
and an approximate magnitude of shock losses. It was assumed that the 
over-all losses In a compressor blade element could be divided into three 
main parts at the maximum-efficiency point: (l) bow-wave losses, which 

were considered negligible. ( 2 ) passage shock losses, which In effect are 
a free- stream loss, and (3) losses related to the blade profile. 


Interaction of Shock and Boundary Layer 

The profile losses have usually been considered to be related to the 
boundary-layer growth on the suction surface of the blade. This growth 
of boundary layer may be due to the adverse pressure gradients through 
normal diffusion or the interaction of the shock and boundary layer. 

The previous section has shown that the flow Mach number at the shock 
may be high. At these high Mach numbers boundary -layer separation at 
the shock may be inevitable, as Indicated by references 22 and 23. The 
conditions of the boundary layer upstream of the shock are not known. If 
the shock is moved well forward, it Is possible that the boundary layer 
remains laminar to the shock j whereas, if the shock is well back on the 
blade, it is possible that the boundary layer Is turbulent. With either 
type of boundary layer, however, the pressure rise due to the shock is 
felt forward of the shock in the boundary layer. With a laminar boundary 
layer, the pressure rise is felt a considerable distance forward; the 
boundary layer thickens and the mainstream is deflected away from the 
blade surface, resulting in the compression waves shown in figure 13(a) . 
These compression waves coalesce into a normal shock some distance away 
from the suction surface. It is interesting to note that the loss in 
total pressure over this series of compression waves may be less than 
the corresponding compression over a normal shock. A similar flow 
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pattern is observed if the boundary layer is turbulent. However, in this 
case the static -pressure rise is not felt as far forward. Compression 
waves are also noted outside -the turbulent boundary layer, but they exist 
in a smaller region. 

Of most concern must be the fact that, for either type of boundary 
layer, flow separation probably exists near the shock plane. Thus, the 
factors affecting this flow separation must be considered. Once the 
mainstream flow leaves the suction surface, two effects are available to 
limit the amount of separation. First, the pressure surface of the upper 
blade will cause the stream to turn toward the suction surface and limit 
the extent of the separation. Secondly, local conditions of choking may 
limit the magnitude of flow separations. Thus, the size of the separated 
region would not grow without limit. It is possible that, under some 
condition of low back pressure, the flow may reattach to the blade sur- 
face. resulting in local expansions and compr ess ions as shown in figure 
13(b) , or the flow may continue separated throughout the blade row. Thus, 
the flow model cannot explicitly be defined for the flow in this region 
at the present time. 


Suction-Surface Velocity Variations 

The flow model for transonic -compressor blade elements indicates 
that the boundary layer on the suction surface is the major contributor 
to the profile losses for operation at maximum-efficiency and higher 
back -pressure conditions. As an extension of the previous discussions, 
it is possible to deduce a typical velocity variation along the suction 
surface of transonic blade elements. In addition, the origin of profile 
losses can be considered in detail. 

For convenience, the flow along the suction surface can be divided 
into three regions as shown in figure 14. In the first region, near the 
leading edge of the blades, the velocity outside the suction- surface 
boundary layer is supersonic, and the flow is accelerating. In spite of 
the high velocities, the profile loss generated in this region is probably 
small because of the favorable velocity gradient. There is the possibil- 
ity (depending on the free-stream turbulence) that the suction- surface 
boundary layer is laminar in this region, because the accelerating flow 
field tends to maintain a laminar layer. 

In the second region, the velocity variations are influenced largely 
by the shock configuration. A short distance upstream of the shock, the 
boundary layer senses the pressure increase imposed by the shock, and a 
large decrease in the suction- surface velocity occurs in the region of 
the shock system (fig. 14) . The boundary -layer growth through the entire 
shock system (region 2) is very rapid and contributes sizably to the 
profile losses. Since the peak suction- surface Mach numbers were 
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computed to "be 1.5 or greater for most of the "blade elements examined, 
separation of the "boundary layer at the shock is almost inevitable 
(ref. 22). 

In the third region, which is downstream of the shock system, a 
subsonic diffusion generally occurs . In some cases there might be local 
expansion above Mach 1.0 and subsequent compression shocks at the point 
of reattachment followed by subsonic diffusion. In other cases, the 
subsonic diffusion may be from Mach 1.0 directly to the discharge veloc- 
ity. In either case the boundary layer at the beginning of region 3 is 
in a very poor condition to sustain further diffusion, in that it either 
has been or is in a separated condition, and the continual adverse pres- 
sure gradient may be expected to cause sizable losses. Ute relative 
magnitude of these losses as compared with those of the second region is 
further obscured by the fact that no published experimental data are 
available for the profile loss encountered in the case of boundary -layer - 
shock interaction in a field similar to that described. 

The velocity profile over the blade suction surface is shown sche- 
matically in figure 15(a) for the type of flow described. Hie suction- 
surface velocity in the first region is increasing rapidly to some rather 
high value at point B. In the second region, the suction-surface velocity 
drops rapidly; this is the effect of the shock and the shock - boundary- 
layer interaction. At point C, the velocity is approximately sonic. 

Then, if local expansion occurs (fig. 15(a)), the velocity increases 
slightly to point D, and a compression shock follows to the end of region 
2 at D‘. The suction- surface velocity then continues ta decrease by 
subsonic diffusion to point E at the trailing edge of the blade. The 
other case (i.e., without local reexpansion above sonic velocity) is shown 
schematically in figure 15(b). In this case the velocity decreases in the 
region of the shock to near sonic velocity, remains nearly constant for a 
short distance, and then drops off again in the subsonic diffusion region. 

The velocity profiles discussed are in contrast to the velocity pro- 
file usually encountered at low relative inlet Mach numbers, for which 
the suction-surface velocity increases very rapidly to some high value 
near the leading edge and then drops off gradually to the discharge value 
at the trailing edge of the blade (fig. 15(c)). Some success in corre- 
lating losses in the latter case has been obtained by presuming that the 
losses were related to the ratio of the maximum suction- surface velocity 
to the discharge velocity. Such a correlating ratio probably worked 
reasonably well because the profile losses were encountered mainly in 
this gradual diffusion from the maximum to the discharge velocity, and 
the initial state of the boundary layer does not vary greatly (ref . l) . 

At high Mach numbers, there can be several regions in which profile losses 
are generated, and it may be that a simple velocity ratio cannot be ex- 
pected to correlate the profile losses. That is, the losses of region 2 
(fig. 14) may be related to some velocity ratio or correlating parameter 
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and those of region 3 to some other correlating parameter. In addition, 
the boundary -layer conditions at the start of the diffusion process may 
vary considerably with cascade geometry for flows with Bhock waves. For 
this reason, too, a simple velocity ratio may not describe accurately the 
boundary- layer growth and profile losses for transonic blade elements. 


Study of Suet ion -Surface Diffusion Parameters 


In this preliminary analysis the profile loss has been defined as 
the difference between the measured over-all loss and the estimated shock 
loss. This profile loss is plotted against the diffusion factor D in 
figures 10(b) and ll(b) ; and, since the data fall generally within the 
range of previous experience, it is presumed that estimation of shock 
losses was reasonably good. However, the flow conditions are very dif- 
ferent from those of the flow model for which the diffusion factor was 
established. As a natural extension of the computations of peak suction- 
surface Mach numbers M^, it is possible to compute other suet ion- surface 
diffusion parameters. Several of the parameters will be considered in 
correlating profile losses. 


The estimated profile losses for the blade -element data shown in 
table II are plotted against the ratio of calculated peak suction-surface 
velocity to discharge relative velocity in figure 16. The data for the 
tip region are given in figure 16(a) and for midpassage in figure 16(b). 
The profile loss seems to increase as greater ratios of velocity are ob- 
tained for the tip-region data. The spread of the losses obtained Is 
similar to that obtained for the diffusion factor D. At the other radial 
positions the data do not Indicate any particular trend of profile losses 
with this ratio of velocities over the range of data available for 
maximum-efficiency loss. This, too, is similar to the plot of profile 
loss against diffusion factor for midpassage elements. 


Another parameter based on computed peak velocity and the measured 
discharge conditions is the static-pressure-rise coefficient 
(P2 ~ P s )/( p i " Pg) • The computed profile losses are plotted against the 


static-pressure -rise coefficient in figure 17, and no particular trends 
are evident. These diffusion parameters depend on the estimated peak 
velocity on the blade suction surface. Also, an estimated shock loss 
subtracted from a total loss containing some experimental inaccuracies was 
used to determine a profile loss. Thus, the lack of correlation (V s /V g 
and (p 0 - p„)/(P n ' - p„)) in this preliminary analysis should not completely 
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discredit these fundamental parameters. 


The above-mentioned parameters, which were taken to be indicative of 
the diffusion along the "blade suction surface, describe the total diffu- 
sion from estimated peak velocity to the discharge velocity. The idea 
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has been advanced that the flow velocity just behind the point of sepa- 
ration may be near sonic. Thus, the subsonic diffusion would be from 
approximately a Mach number of 1.0 to the discharge conditions. The ve- 
locity ratio for Mach number of 1.0 to discharge relative velocity has 
been computed for these data and is plotted against the estimated profile 
loss in figure 18. No particular trend in profile loss is obtained, pos- 
sibly as a result of the necessary approximations and the fact that this 
particular ratio of velocities is only a part of the over -all di f fusion 
along the suction surface. It is of interest to note that a major portion 
of the velocity change is obtained in the region of the shock. The range 
of the ratio of peak velocity to discharge velocity Vg/Vg is about 1.4 
to 2.5 (fig. 16), whereas the ratio of sonic velocity to discharge veloc- 
ity is from about 0.9 to 1.6 (fig. 18). Thus, the change in velocity 
obtained in the subsonic diffusion region is relatively small for all the 
data used in this study. 

In summary, several parameters (including the diffusion factor D) 
that are related to the suction-surface velocity variations have been 
considered for correlating profile losses. The velocity ratio for the 
subsonic portion of the diffusion process and the static-pressure-rise 
coefficient do not afford a basis for correlating profile losses. Tie 
profile losses varied with diffusion factor D and the ratio of maximum 
to outlet velocity Vg/Yg in essentially the same manner. Several ex- 
planations for these observations can be given. All the parameters are 
based on the hypothesis that there is at least a first-order dependence 
of profile losses on suet ion- surface diffusion. Particularly in the 
presence of shock waves, other factors (shock and boundary -layer inter- 
actions, initial condition of the boundary layer, blade shape) may be as 
important as the diffusion. In addition, the profile loss is approximate 
because of the errors encountered in measuring over-all losses and because 
the shock losses were obtained by an approximate method. The values of 
the diffusion parameters themselves depend on an estimate of such terms 
as the peak velocities determined from two-dimensional solutions. Fur- 
thermore, it is recognized that the data selected may not correspond to 
the condition for minimum profile losses. Thus, for a study of the pro- 
file losses it may be better to use the data obtained over a range of 
operating conditions rather than the maximum-element -efficiency data. 
However, at present there is no simplified method for estimating shock- 
loss variation over a range of operating conditions. 


CONCLUDING REMARKS 

The following summation can be made from the preliminary study of 
losses of supersonic blade elements of transonic -compressor rotors: 
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1. The shock configuration existing in transonic -compressor rotors 
consists of a how wave and a passage shock, the shape and location of 
the shock waves depending on .the operating conditions. 

2. A simple model of this shock configuration was used to estimate 
passage shock losses at maximum element efficiency. The losses associ- 
ated with the passage shock generally vary from 0.35 to 0.55 of the over- 
all measured losses for the transonic compressors considered. 

3. A reasonable approximation of the passage shock loss can he ob- 
tained from the average of the peak suet ion- surface Mach number upstream 
of the shock and the relative inlet Mach number. Prandtl-Meyer expansion 
equations were used to compute the peak suction- surface Mach number. 

4. In many cases computed suction-surface Mach numbers were high 
for the double -circular -arc airfoils considered. Therefore, in many of 
the transonic compressors tested to date, a separation of the suction- 
surface boundary layer undoubtedly occurred as a result of the interaction 
between the shock and boundary layer. 

5. Profile losses, which are defined as the over-all measured loss 
minus the computed shock loss, are of about the same order of magnitude 
as obtained in investigations in which shock losses were not encountered. 

6. Several flow parameters indicative of the magnitude of diffusion 
on the blade suction surface were considered. However, no consistent 
variation of profile loss was obtained with these parameters. Whereas 
the diffusion factor D is not entirely adequate for the flow model with 
shocks, the profile losses for the transonic -compressor data used in this 
Btudy fall reasonably well within the loss band previously obtained for 
subsonic-compressor rotors. 


Lewis Flight Propulsion Laboratory 

National Advisory Committee for Aeronautics 
Cleveland, Ohio, January 31, 1957 
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APPENDIX A 
SYMBOLS 

"blade chord, in. 
diffusion factor (ref. 10) 

height of streamline deflection from bow wave to blade leading edge 

incidence angle, angle between relative inlet-air direction and 
tangent to blade mean camber line at leading edge, deg 

incidence angle, angle between relative inlet-air direction and 
tangent to suction surface of blade leading edge, deg 

peak suction- surface Mach number 

relative inlet Mach number 

total pressure, lb/sq ft 

static pressure, lb/sq ft 

static pressure at peak suction- surface Mach number, lb/sq ft 
dynamic pressure 

radius of curvature of mean camber line, in. 

radius of curvature of blade suction surface, in. 

blade leading-edge radius, in. 

blade spacing, in. 

blade, thickness, in. 

rotor tip speed, ft/sec 

air velocity, ft/sec 

air angle, angle between air velocity and axial direction, deg 

blade -chord angle, angle between blade chord and axial direction, 
deg 
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T) a(i adiabatic efficiency 

8 ratio of temperature to NACA standard sea-level temperature 

x blade angle , angle between tangent to blade mean camber line and 

axial direction, deg 

v Prandtl-Meyer expansion angle (ref. 20) 

£ c angle between tangent to blade suction surface at peak Mach number 
point and chord, deg 

€ z angle between tangent to blade suction surface at peak Mach number 
point and axial direction, deg 

2 angle used in fig. 20, deg 

cr blade solidity, ratio of chord to spacing 

<p camber angle, x^ - x , deg 

cd total -pres sure -loss coefficient, over-all -measured loss 

CDg total-pressure-loss coefficient, calculated shock loss 
Subscripts : 

a upstream of passage shock 

b downstream of passage shock 

id ideal ■• •• - 

max maximum 

s suction surface 

0 at Mach number 1.0 

1 rotor inlet 

2 rotor outlet 
Superscripts : 

1 relative to rotor 


mass-averaged value 
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APPENDIX B 


CALCULATION OF PASSAGE SHOCK LOSSES 

Figure 19, which presents the geometry of double -circular-arc air- 
foils, illustrates the principles involved in computing the peak suction- 
surface Mach number for any blade section of known geometry. Hie 

information necessary for the calculation is the inlet relative Mach 
number M£, the inlet relative air direction and the point f 1 at 

which the passage shock wave intersects the suction surface. With point 
f 1 known, the flow direction (equivalent to the suction-surface direc- 
tion £ z ) at this point can be found from the blade geometry or coordi- 
nates. Then, the calculation of peak suction-surface Mach number in- 
volves the use of the tables of reference 20, which give values of the 
Frandtl-Meyer expansion angle v as a function of Mach number. The 
method is as follows: 

(1) Determine the Frandtl-Meyer expansion angle for the inlet 

relative Mach number M£. (This step restricts the method to blade ele- 
ments with an inlet relative Mach number greater than or equal to 1.0.) 

(2) Compute the amount of supersonic turning Av^ which is defined 

as H-* z - 

( 3 ) Find the Frandtl-Meyer angle for the flov at the passage shock 
wave (point f 1 ) : 

= v£ + Av « - £ z (Bl) 

(4) The peak suction-surface Mach number is the Mach number in 

the tables (ref. 20) which corresponds to v^. 

The shock-loss coefficient is computed from 



where (P^/P^) is the normal- shock recovery factor determined for a Mach 
number equal to the average of the peak suction-surface Mach number 
and the inlet relative Mach number MJ . 
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For double -circular -arc airfoils, the suet ion -surface direction K 
can he found from the distance x (fig. 19), which is the distance be- Z 
tween, the shock intersection and the center of the leading-edge radius. 
According to figure 19, 
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= arc sin 





where 


c ' “ c - ^le 
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Then, 
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(B3) 


and equation (Bl) becomes 

v s = V 1 + P 1 “ (B*) 

Now, with r° = x i ~ and i = 

Vg = + i + -| + Cc c® 5 ) 

The location of the intersection of the passage shock with the suc- 
tion surface (point f ') is not known for the rotor data considered herein. 
Consequently, an assumption is required. Point f ' was located for double - 
circular-arc airfoils by the construction shown in figure 20. The straight 
line which intersects the suction surface at point f ' passes through the 
leading edge of the adjacent blade and is normal to the midchannel stream- 
line. The midchannel streamline is assumed to be a blade mean camber line 
positioned midway between two blades. As shown in figure 20, these assump- 
tions lead to the following equation for the distance x: 
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x 

c’/2 


= 1 + sin 22 cot 


q> 


cos 22 


(B6) 


where 


and 


2 = arc tan 


sin x^ sin ^ 

^cr 1 + cos x^ sin ^ 



Thus, cau ^^ erm ^ nec ^ from equation (B6) , and with equations (B3) 

and (B5) the Prandtl-Meyer expansion angle for the peak suction- 

surface Mach number can be found. 

The location of point f 1 by this method is arbitrary j however, the 
approach gives a systematic study of shock losses in the compressors 
considered in this report. Two other systematic definitions of the shock 
location were included in this study. One definition was based on a line 
drawn perpendicular to the chord linej the other method located point f 1 
along a line of minimum distance between two adjacent blades. The shock 
losses determined from each of these definitions were not substantially 
different from the ones reported herein. 
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TABLE I. - DETAILS OP HOTOH3 


Rotor 

| 


Hub -tip 
radius ratio 

Leading- 

edge 

radius, 

r le* 

in. 

Number 

of 

blades 

Tip 

design 

speed, 

VV®i 

ft/»ec 

Blade- 

element 

position, 

passage 

from 

outer 

wall, 

percent 

Chord, 

c, 

in. 

Solid- 

ity, 

a 

Camber 

angle, 

alk 

Chord 

angle, 

deg 

Maximum 
thlclcness 
to chord 
ratio, 

W/c 

fl 

■ 

I 

Outlet 


Ei^$! 

BB1 



0.572 

0.015 

19 


13 

E 




44.1 

0.05 


mm 

m 

Hfl 

Hfl 




mm 

18 

E 

sfl 



42.9 

.05 

B 


7.0 


0.50 


0.016 

16 

wmm 

13 

1 

M 

0.88 

13.0 

44.1 

0.05 




Hfl 


■ 



mm 

18 

E 

lH 

j .89 

14.6 

42.9 

.05 

n 

■ 

rwm 


Sp® 



12 

1000 

13 

E 

sa 

0.66 

13.8 

44.1 

0.05 

Hi 

HE 

HI 

Hfl 

Hfl 

■flfl 

gfljjfl 



18 

1 

M 

.67 

14.6 

42.9 

.05 


mm 

EEfl 

—EM 




23 

1120 

10 


a 


4.3 


0.05 

E 

5 and 

8.60 

8.68 

0.525 

PE* 

0.015 

Hfl 



E 

EM 

BFW-M 

22.1 

43.15 

0.048 


6 




mm 


Hfl 

■ 

H 

E 

afl 


22.6 

42.25 

.050 


wm 

8.68 

8.68 

0.525 

0.60 

0.015 

mm 



BJ 

SI 


22.1 

37.15 

0.046 

| 

mm 







Hfl 

HHH 


B 

afl 


22.6 

36.25 

.050 

H 



fl^SH 

0.500 

0.593 

0.010 

El 

13CO 

n 

n 

m 

1.006 

11.3 

52.2 

0.053 










18 

H 

■ 

1.038 

10.7 

50.95 

.055 

■ 



Hfl 






50 

■ 

■ 

1.233 

10.4 

43.8 

.064 


12 

8.0 

mm 

fjjSSj 

0.611 

0.015 




2. 

75 

1.262 

28.22 

41.48 

0.049 













1.332 

31.84 

39.73 

.053 













1.443 

36.21 

35.85 

.060 













— 

38.45 

32.93 

.065 





■ 



1 

■ ■ 




1.591 

41.00 

24.76 

.069 

n 

0 and 


9.0 

0.500 


0.010 

w*m. 


n 

1. 

50 

1.00 

EH 

47.6 

0.061 



li 

Hfl 



Hfl 


Hfl 

■Hfl 

flifl 

1. 

50 

1.03 

■ga 

46.3 

.063 


14 

9.0 

9.0 

0.500 


0.010 

28 

1000 


1. 

60 

o.aa 

IB 

47.6 

0.061 






Hfl 





1. 

50 

.62 

ULM 

46.3 

.063 

L 

14 

9.0 

9.0 

0.500 

0.556 

o.oio 

22 

1000 


E 


BBS* 

EH 

47.6 

0.061 











D 

* 


■23 

46.3 

.063 

N 

9 

7.0 

7.0 

0.400 

0.522 


20 


10 

B 


H 

Hfl 

46.7 

0.053 

N 

21 

mmi 





20 


10 

B 

a 

0.978 

14. 6 

45.6 

0.053 

m 

KH 

fSS® 


0.50 

■ 

0.015 



16 

2. 


1.048 

12.7 

46.95 

0.054 



'fin 







25 


■H 

1.092 

13.9 

45.05 

.055 

■ 


■ 

■ 


mm 




33 


H 

1.136 

IS. 6 

43.00 

.057 



10.0 

■ 

0.62 


0.015 

27 

1100 

16 

2. 

73 

1.232 

16.5 

45.55 

0.054 










25 



1.263 

17.9 

43.95 

.055 


H 


*BKI 


H 




33 



1.304 

19.5 

42.15 

.057 


■ 


Hi 


Hfl 




50 



1.379 

23.6 

38.10 

.062 

Q 






0.015 

Hfl 

|||||| 

9 

2. 

71 

0.972 

17.4 

46.88 

0.074 

R 

19 


9.55 

0.60 

0.628 

0.015 

Hfl 


9 

2. 

71 

0.833 

17.4 

46.88 

0.074 

3 



9.65 


0.620 

0.015 

18 

1000 

9 

2. 

71 

0.694 

17.4 

46.86 

0.074 
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TABIiE II. - SUMMARY DATA FOR TRANSONIC ROTORS 


Rotor 

Inlet 

relative 

Kach 

rainber, 

"i 

Total- 

pressure 

ratio, 

V*i 

Adiabatic 

efficiency, 

"ad 

Measured 
lees co- 
efficient, 

a 

Diffu- 

sion 

factor, 

D 

Incidence 

angle, 

deg 

Suction- 

surface 

Kach 

Shock- 
loss co- 
efficient, 

*3 

Loss 

ratio, 

*s/» 

Profile 

lOOSj, 

® 


V*4 

s 

Data- 

point 

symbol 

i 



A-13 

1.081 

1.417 

0.803 

0.149 

0.406 

2.74 

-1.50 

1.607 

0.056 

0.576 

0.093 

0.561 

1.903 

1.329 

0 


1.070 

1.461 

.822 

.145 

.514 

3J6 

-.86 

1.622 

.057 

.393 

.008 

.595 

2.03 

1.401 



1.067 

1.459 

.806 

.161 

.507 

3.60 

-.64 

1.626 

.058 

.360 

.103 

.600 

2.03 

1.400 


A.-I8 

1.060 

1.426 

0.648 

0.114 

0.456 

2.63 

-1.41 

1.601 

0.052 

0.456 

0.062 

0.576 

1.893 

1.221 

♦ 


1.049 

1.469 

.867 

.107 

.497 

3.51 

-.73 

1.618 

.054 

.500 

.05* 

.617 

2.000 

1:230 



1.045 

1.467 

.856 

.117 

.486 

3.73 

-.51 

1.624 

.054 

.462 

.063 

.617 

1.950 

1.324 



B-13 

1.093 

1.343 

0.734 

0.182 

0.407 

1.90 

-2.34 

1.678 

0.072 

EE > 

0.110 

0.527 

1.795 

1.106 



1.033 

1.344 

.744 

.174 

.409 

2.01 

-2.23 

1.680 

.073 

.420 

.101 

.636 

1.810 

1.156 



1 .081 

1.378 

.739 

.193 

.476 

2.62 

-1.62 

1.693 

.074 

.383 

.119 

.579 

1.945 

1.223 


B-18 

1.074 

1.356 

0.788 

0.144 

0.404 

1.93 

-2.31 

1.668 

0.067 

0.465 

0.077 

0.539 

1.790 

1.329 

m 


1.073 

1 .350 

.793 

.141 

.407 

2.09 

-2.15 

1.671 

.068 

.482 

.073 

-552 

1.815 

1.394 



1.059 

1.403 

.817 

.136 

.461 

2.7* 

-1.50 

1.686 

.070 

.515 

.066 

Hiajftifl 

1.915 

1.385 


C-13 

1.107 

1.212 

0.599 

0.217 

0.33* 

1.30 

-2.94 

1.852 

0.119 

0.548 

0.098 


1.728 

1.222 

o 


1.101 

1.251 

.632 

.218 

.379 

1-68 

-2.66 

1.858 

.120 

.550 

.098 


1.805 

1.239 



1.089 

1.293 

.666 

.219 

.445 

2.22 

-2.02 

1.872 

.122 

.557 

.097 


1.931 

1.301 


G-lfi 

1.087 

1.216 

0.620 

0.207 

0.335 

1.37 

-2.67 

1.836 

0.112 

0.541 

0.095 

0.485 

1.743 

1.122 

♦ 


1.081 

1.262 

.673 

.196 

.381 

1.63 

-2.61 

1.839 

.111 

.566 

.086 

.525 

1.615 

1.169 



1.068 

1.305 

.716 

'.186 

.452 

2.30 

-1.94 

1.855 

.114 

.613 

.072 

.565 

1.941 

1.242 

■ 

D-10 

1.202 



0.675 

0.170 

0.330 

1.70 

-2.56 

1.555 

0.062 

0.365 

0.108 

0 .306 

1.510 

1.081 

1^1 


1.171 

— 

.720 

.196 

.477 

3.51 

-.75 

1.589 

.065 

.532 

.131 

.477 

1.720 

1.213 



1.148 

— 

.668 

.232 

.516 

4.71 

.45 

1.611 

.066 

.284 

.166 

.495 

1.864 

1.315 



1.077 

— 

.779 

.109 

.323 

.67 

-3.39 

1.433 

.026 

.239 

.083 

.450 

1.555 

1.174 



1.061 

— 

.795 

.121 

.358 

1.86 

-2.40 

1.458 

.028 

.231 

.093 

.500 

1.605 

1.223 



1.040 

— 

.766 

.144 

.388 

3.39 

-.67 

1.499 

.032 

.222 

.112 

.528 

1.730 

1.269 


E-1X 

1.170 

1.608 

0.852 

0.125 

0.481 

1.8 

-2.61 

1.710 

0.092 

0.736 

0.033 

0.551 

1.920 

1.291 



1.153 

1.673 

.828 

.166 

.496 

2.2 

-2.21 

1.710 

.089 

.536 

.077 

.602 


1.345 



1.148 

1.719 

.642 

.159 

.520 

2.61 

-1.80 

1.718 

.090 

.566 

.069 

.624 

2.06 

1.381 



1.038 

1.563 

.881 

.111 

.482 

3.10 

-1.31 

1.666 

.062 

.559 

.049 

.654 

2.29 

1.429 



1.056 

1.655 

.864 

.105 

.482 

1.00 

-2.61 

1.633 

.058 

.552 

.047 

.640 

2.04 

1.414 



1.018 

1.564 

.850 

.145 

.522 

4.00 

-.41 

1.692 

.065 


.080 

.674 

2. 235 

1.516 


5-17 

1.145 

1.633 

0.909 

0.060 

0.444 

2.00 

-2.62 

1.667 

0.082 

Hf^B 

-0.002 

0.565 

1.762 

1.257 

d 


1.128 

1.677 

.892 

.102 

.476 

2.60 

-2.02 

1.695 

.081 

.794 

.021 

.622 

1.970 

1.331 



1.120 

1.723 

.905 

.094 

.500 

2.95 

-1.67 

1.702 

.062 

.672 

.012 

.642 

2.051 

1.383 



1.013 

1.561 

.922 

.072 

.460 

3.40 

-1.22 

1.660 

.058 

.806 

.014 

.669 

2.037 

1.396 



1.033 

1,550 

.913 

.078 

.452 

2.10 

-2.52 

1.623 

.052 

.667 

.026 

.6 60 

2.117 

1.472 


P-11 

1.216 

1.526 

0.611 

0 J57 

0.616 

5.2 

0.79 

1.810 

0.125 

0.350 

0.232 

0.558 

2.35 

1.527 

V 


1.206 

1.556 

.818 

.366 

.647 

5.5 

1.09 

1.811 

.124 

.339 

.242 

.573 

2.47 

1.602 



1.192 

1.587 

.644 

.345 

.654 

6.0 

1.59 

1.817 

.123 

.357 

.222 

-581 

2.495 

1.615 



1.197 

1.604 

.644 

.350 

.664 

6.1 

1.69 

1.825 

.126 

.360 

.224 

.585 

2.53 

1.636 



1.128 ! 

1.522 

.749 

.215 

.545 

3.6 

-.61 

1.664 

.079 

.367 

.136 

.576 

2.155 

1.463 



1.117 

1.533 

.745 

.225 

.566 

*.i ; 

-.31 

1.693 

.079 

.351 

.146 

.628 

2.24 

1.516 



1.108 

1.543 

.737 

.239 

.587 

4.6 

.19 

1.704 

.081 

.339 

.158 

.635 

2.32 

1.663 



1.092 

1.554 

.721 

.266 

.632 

5.6 

1.39 

1.735 

.086 

.323 

.180 

.6*7 

2.51 

1.675 


P-17 

1.190 

1.584 

0.699 

0.276 

0.562 

5.26 

0.64 

1.827 

0.125 

0.453 

0.161 

0.577 

2.212 

1.426 

& 


1.180 

1.623 

.713 

.273 

.586 

5.49 

.67 

1.827 

.124 

.454 

.149 

.592 

2.280 

1.470 



1.168 

1.626 

.721 

.267 

-591 

6.02 

1.40 

1.834 

.124 

.464 

.143 

.601 

2,313 

1.489 



1.170 

1,639 

.712 

.280 

.600 

6.18 

1.56 

1.843 

.127 

.454 

.153 

.607 

2.348 

1.506 



1.104 

1.551 

.833 

.136 

-504 

3.60 

-1.02 

1.705 

.081 

.587 

.057 

.617 

2.081 

1.402 



1.092 

1.558 

.829 

.146 

.526 

4.21 

-.41 

1.718 

.082 

.562 

.064 

.649 

2.170 

1.454 



1.084 

1.562 

.816 

.162 

.638 

4.66 

.04 

1.726 

.063 

.512 

.078 

.657 

2.260 

1.509 



1.074 

1.582 

.815 

.164 

.558 

5.20 

..58 

1.741 

.084 

.512 

.030 

.658 

2.302 

1.529 


E-ll 

1.282 

1.320 

0.744 

0.163 

0.343 

3.7 

-1.09 

1.823 

0.139 . 

0.853 

0.024 

0.338 

1.60 

1.033 

o 


1.202 

1.200 

.720 

-101 

.246 

2.8 

-1.99 

1.721 

.099 

.980 

.002 

.357 

1.40 

.936 



1.193 

1.34S 

.776 

.138 

.314 

3.0 

-1.79 

1.720 

.098 

.710 

.040 

.407 

1.59 

1.Q66 



1.100 

1.226 

.013 

.082 

.211 

2.0 

-2.79 

1.617 

.060 

.732 

.022 

.422 

1.495 

1.041 


H-ia 

1.250 


0.772 ! 


0.325 

4.5 

-0.49 

1.782 

0.123 

0.842 

0.023 

0.397 

1.589 

1.040 

Q 


1.160 

1.388 

.822 


.342 

4.0 

-.99 

1.689 

.085 

.752 

.028 

.431 

1.646 

1.135 



1.070 

1.277 

.855 


.249 

2.9 

-2.09 

1 -591 

.051 

.680 

.024 

.412 

1.565 

1.101 


H— 50 

1.072 

1.469 

0.852 

0.119 

0.340 

T.8 

1.8 

1.668 

0.067 

0.663 

0.052 

0.554 

1.770 

1.208 

a 


1.000 

1.430 

.937 

.050 

.327 

7.0 

1.0 

1.613 

.046 

.920 

.004 

.604 

1.800 

1.258 


1-10 

1.265 

1.723 

0.646 

0.354 . 

0.660 

2.97 

-1.82 

2.02 

0.194 

0.546 

0.160 

0.401 


1.487 



1.381 

1.788 

.566 

.447 

.623 

3.56 

-1.23 

2.16 

.258 

.577 

.189 

.396 

2.235 

1.312 



1.134 

1.656 

.761 

.233 

.641 

2.62 

-2.17 

1.89 

.135 

.680 

.098 

.576 

2.460 

1.555 



1.154 

1.607 

.760 

.219 

.569 

1.35 

-3.14 

1.88 

.130 

.684 

.009 

.510 

2.165 

1.392 
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(b) Moderate back pressure (point B near peak 
efficiency). 



(c) High back pressure (point C). 

Figure 5. - Variation of passage shock with back pressure 
(operation at supersonic inlet relative Mach number ) . 
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i 

D 



Increasing back pressure 

(b) Variation with back' pressure. 

Figure 6. - Typical measured variations of blade- 
element losses with incidence angle and back 
pressure for operation with supersonic inlet 
relative Mach number. 


Increasing back pressure 
(d) Over-all loss. 


Weight flow 


Figure 7. 


(f ) Over-all performance 
characteristics . 

- Blade- element loss variations deduced from flow model 
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(a) Tip section, 13 percent or less of passage height from outer wall. 



0 *1 «2 t3 .4 *5 

Total-pres sure- loss coefficient, <5 


(b) Blade- element sections located 16 to 60 percent of passage height 
from outer wall* 

Figure 9. - Ratio of computed passage shock loss to measured over-all 
loss for blade elements. 
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(a) Over-all loss. 



(b) Profile loss. 

Figure 10. - Variation of over-all and profile losses with diffusion 
factor for several transonic-corapressor rotors. Tip section, 13 
percent of passage height or less from Outer wall. 
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Peak suction- surface Mach number, 


Figure 12. - Computed shock loss and supersonic turning variation with 
peak suet ion- surface Mach number. 




Figure 14. - Two forms of shock - 'boundary- layer 
interaction on a compressor blade surface. 
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(a) Tip section, 13 percent or less of passage height from outer wall. 
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Ratio of calculated peak suction- surface velocity to- discharge 
relative velocity, Vg/Vg 


(b) Blade- element sections located 16 to 60 percent of passage height from 
outer wall. 

Figure 16. - Variation of estimated profile loss with ratio of peak suet ion- surface 
to discharge velocity. 
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(a) Tip section, 13 percent or less of passage height 
from outer wall. 



(b) Blade -element sections located 16 to 60 percent of 
passage height from outer wall. 


Figure 17. - Variation of estimated profile loss with 
static-pressure-rise coefficient. 
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(a) Tip section, 13 percent or less of passage height from 
outer wall.. 



Velocity ratio for subsonic 
diffusion, V^/V^ 


(b) Blade- element sections located 16 to BO percent of 
passage height from outer wall. 

Figure IB. - Variation of profile losses with velocity ratio 
for subsonic diffusion. 









